In this project you will determine the orbit position using three different approaches for a satellite orbiting the Earth.  Recall that the basic orbital equation is given by
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where 
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 km3/sec2 for the Earth.  Assume the following initial conditions:
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Do the following tasks with computer generated code (show all of your code):

1. Convert these initial conditions to orbital elements a, e, M0, i, (, and (.
2. Convert the orbital elements back to 
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, and make sure that you get the correct initial conditions back.

3. Using the initial conditions 
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 numerically integrate the orbital equation of motion using any standard MATLAB integration routine such as ode45.  Pick a final time of 8 hours and an interval of 10 seconds.

4. Use the orbit elements directly to determine orbital position and velocity.
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5. Use the f and g series approach with the eccentric anomaly to determine the position and velocity.  Recall, the procedure is given by
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For all three solutions, plot the three-dimensional position using the plot3 command in MATLAB.  Make sure that all three approaches give the same solution.
EXTRA CREDIT:  For extra credit you will develop a ground track of the satellite.  This involves converting the inertial position vector 
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 to geodetic quantities (i.e., latitude, longitude and height).  The first step involves converting the inertial position vector to Earth-Centered-Earth-Fixed (ECEF) coordinates.  The ECEF x and y axes are in the same plane as the ECI x and y axes, and both frames have equivalent z axes.  Hence, the mapping from ECI coordinates to ECEF coordinates is given be a rotation about the z axis:
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The angle ( can be computed using a known date.  First, we compute the days past the year 2000:
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where INT denotes the integer part, e.g. INT(23.8) = 23, which can be done using the FLOOR command in MATLAB.  Also, y, m, d, h, min and s are the year, month, day, hour, minute and second of interest.  For simulation purposes use a year, month, day, hour, minute and starting second of 2008, 2, 20, 9, 30 and 0, respectively.  Note that you are propagating the seconds forward starting at 0 to 8(3600 seconds forward in time, so d2000 changes at every sampling point (in this project we choose every 10 seconds as the sampling interval).  The angle (  in degrees is given by
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Note that (  also changes at each sampling interval.  Once you found the ECEF position, then it is possible to convert it to latitude, longitude and height.  You will need to do some research to find this conversion.  Once you’ve found the formula for this conversion, plot the latitude versus longitude.  Make sure that the absolute value of the maximum/minimum latitude is given by the computed orbital inclination angle.
EXTRA CREDIT:  In the classical solution you computed the eccentric anomaly at each time step to propagate the orbit.  At each time step compute the true anomaly from the determined eccentric anomaly.  Recall that the formula is:
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From the determined true anomaly, compute 
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 and propagate the orbit using
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Compare your solution with the other three methods you did earlier.
EXTRA CREDIT:  Pick two position points from your orbit (make sure that the true anomaly is less than 180 degrees) as well as the time difference between the two chosen points.  Determine the velocities at these two time points using the p-iteration method.  Do your velocity solutions match those from any one of the orbit propagation solutions?
EXTRA CREDIT:  Write your own Runge-Kutta integration routine and compare the solution to the one generated from the other solution you obtained.













Classical Solution for Position and Velocity
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